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NATTONAL ADVISORY COMMITTEE FOR AERONAUTICS
RESEARCH MEMORANDUM _ :

A TRANSONIC-WING INVESTIGATION IN THE LANGLEY 8-FOOT
HIGH-SPEED TUNNEL AT HIGH SUBSONIC MACH NUMBERS

AND AT A MACH NUMBER OF 1.2

WING-FUSELAGE CONFIGURATION HAVING A WING
OF O° SWEEPBACK, ASPECT RATIO 4.0,
TAPER RATIO 0.6, AND NACA 65A006
ATRFOTL SECTION

By Maurice S. Cahn and Carroll R. Bryan
SUMMARY

As part of an NACA transonic research program, a series of wing-
body combinstions is being tested in the Langley 8-foot high-speed
tunnel. This paper presents the results of an investigation of a wing-
fuselage combination utilizing a wing of unswept quarter-chord line,
aspect ratio U, taper ratio 0.6, and an NACA 65A006 airfoil section.
Lift, drag, and pitching-moment characteristics, downwash angles, and
wake losses for various angles of attack at high subsonic Mach numbers
and at a Mach number of 1.2 are presented.

Increasing the free-stream Mach number at low lift coefficients
caused. the wing-fuselage configuration to exhibit a decrease in 1ift-
curve slope beginning at a Mach number of 0.90, a rapid decrease in the
maximum lift-drag ratio at a Mach number of 0.85, a rearward movement
of the aserodynamic center at a Mach number of 0.87, and a shift in the
angle of attack for zero downwash at a Mach number of 1.2. Also, at
low 1ift coefficients, an increase of lift-curve slope and a rearward
shift of the aerodynamic center with increasing 1lift coefficient were
indicated at Mach numbers below 0.875. At high angles of attack, the
weke 1.225 semispans behind the 25-percent mesn-aserodynemic-chord station
extended at least 0.375 semispan gbove the wing-chord plane.
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INTRODUCTION =~ - . - _

A general research program is being conducted by the National
Advisory Committee  for Aeronautics to supply designers of transonic -
aircraft with needed information on the effedt of varicus wing- gecmetry
parameters on aerodynemic characteristics at.‘transonic.speeds.

This paper presents the results of tests on a sting-supported wing-
fuselage combinstion employing the unswept wing of a series of wings
having varying amounts of sweep, aspect ratig 4, taper.ratio O. 6 and an o
NACA 65A006 airfoil section. Tests on other w1ngs in this series are ST
reported in references 1, 2, and 3. ~ T L R

Lift, drag, and pitching-moment data are presented for subsonic
Mach numbers from 0.60 to 0.93 and for a supersonic Mach number of 1.2.
Also presented are polnt downwash data and wake 1osses _for seversl tail
heights at two spanwise locations. : .

The data presented herein and in reflerences 1, 2, and 3 are compared
with data of geometrically similar configurations obtained by means of . _
the transonic-bump method in the Langley 7- by 10-foot tunnel (see : o

reference L), <
SYMBOLS . - * : e s T
. D
Cp drag coefficient <§E) : —
cr, 1ift coefficient (%) S Co= e e
qQ
: . ME /)-l-
Cm pitching-moment coefficient referred to 0.25¢ 3
o * \qse
¢ mean aerodynamic chord, inches
D drag, pounds L. LT LT
AH loss of total pressure in wake, pounds per square foot _

AP > pressure difference between upper .and lower components of o -
a yaw tube . . - E

L 1ift, pounds o _ ' o e

M Mach number . . . I
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Mz /4 pitching moment about 25 percent &, inch-pounds
=

Py base-pressure coefficient -——TI—_-

Py free~stream static pressure, pounds per square foot

Py static pressure at model base, pounds per square foot

q free-stream dynamic pressure, pounds per square foot (%pvé>

qr, local dynamic pressure at any yéw tube

R Reynolds number based on ¢C

] wing area of model, square feet

\ frée-stream velocity, feet per second

o angle of attack of fuselage center line, degrees - N

€ downwash angle, degrees

p free-stream density, slugs per cubic foot

APPARATUS AND METHODS

Tunnel

The investigation was conducted in the Langley 8-foot high-speed
tunnel, utilizing the plaster-lined nozzle described in reference 5.
Subsonic tests were conducted with the model located in the region of
the minimum section of the nozzle. For testing at a Mach number of 1.2,
the model was moved downstream to the expanded section of the nozzle.

The minimum section of the nozzle had a constant Mach number
distribution up to the highest point tested. In the supersonic section
of the nozzle, the maximum Mech number variation was 0.0C2. :

Model and Support
The model tested had & wing with 0° sweepback of the quarter-chord

line, zero twist and dihedral, aspect ratio of 4, taper ratio of 0.6, and
an NACA 65A006 alrfoil section measured parallel to the model plane of

e N L I
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symmetry. The wing was machined from lhbT.alumlnum alloy, and was =
mounted on a fuselage body of revolution of fineness ratio 10.0. The =~ =~ ~7
Yongitudinal position of the wing was. such that the quarter-chord point
of the mean aserodynsmic chord coincided. with’ the station of maximum o o
body diameter. Principal wing dimensions are presented with a plan-form . -
drewing of the wing-fuselage combination in figure 1. The fuselage o '
ordinates and dimensions are presented in figure 2. An electrical
strain-gage balance was contained within the fuselage and secured to

the fuselage at the forward end. The rear part of the balance comprised
a sting for supporting the model in the center of the tunnel (reference 1).
The sting was hinged to a support tube in such a manner that the angle

of attack could be varied by means of a remote-control mechanism while
testing was in progress. This sting-support tube could be made to slide
axially on ite mounts in order to move the model from the subsonic test
section to the supersonic test section. Figure 3 is a diasgram of this L=
setup and figure 4 gives a general view af the model, sting, sting ' :
support, and test section.

Measurements _- - . ; - -

Lift, drag, and pitching-moment data were obtained by using the
internsl- strain-gage-balance system. The serdsitivity of the strain-
gage balance and the scatter of test points indicated that the accuracy
of 1ift, drag, and pitching-moment coefficients was within +0.01, +O. 001,
and. +0. 005, respectively, for all Mach numbers, Downwash and wake-
intensity measurements were made with two rakes having both yaw-pressure :
and total-pressure tubes. The location. and geometry of these rskes are o -
shown in figure 5. Angles of attack of the model and of the rske were
determlned within 0.1° by means of an optical system utilizing parallel
light beams. A description of this device can be found in reference 1, .~ L
A photograph of the model and rake setup is shown in figure 6. The =
statlc pressure at the base of the model was determined by means of a - T
static orifice located on the side of the sting in the plane of the model
base. -

- A [

The yaw tubes were calibrated in the empty test section by measuring

the variation of %2- with rake angle of atteck. Downwash angles wére -
L

[T

determined with this calibration from the 'gi's measured during the

tests. During these measurements the static pressure in the wake was
assumed to be equal to the free-stream static pressure. Where the wake

was large, this is a possible source of error; however, consideration of
possible small errors in calibration, angle-of-attack measurements, _ o
scatter of tests points, and varlations in local static pressure indicated L
the accuracy of the measured downwash angles to be within +0.2° for A
measurements made outside the weke and w1thin +0.30 for measurements made =~
in the wake. T




NACA RM I51A02 . e IR TAT”” 5

Test Conditions

Data were taken at angles of attack of -20 through 14° at Mach
numbers of 0.60 to 0.93 and at a Mach number of 1.2 for the wing-fuselage
combination. Also, the wing-fuselage combination was tested at various
Mach numbers in the above range with transition from laminar to turbulent
boundary layer fixed at the 1lO-percent-chord line on the upper and lower
surfaces of the wing and 4 inches back of the nose on the fuselage by
means of number 60 carborundum grains doped to the model surface at these
positions.

The variatlon of mean test Reynolds number with Mach number is shown
in figure 7. Varistions in atmospheric conditions caused deviations
from this curve, but, for any given Mach number the Reynolds number 4id
not differ from that shown by more than 3.5 percent.

By means of pressure measurements obtalned from a series of static-
pressure wall orifices, choking tendencies were observed in the tunnel.
No data are presented in this report where these tendencies were
evidenced. ' ' s

At a Mach number of 1.2, the location of the normal shock was
ascertained by means of a portable point light source. In none of the
tests for which data are presented did the normal shock advance upstream
ahead of the rakes or to the base of the model. This condition has been
shown in reference 6 to be the criteria for effects of the normal shock
on the model.

CORRECTIONS

Corrections due to tunnel-induced upwash and due to model and wake
blockage and pressure gradient due to waeke were calculated and applied
to the data by using the methods of references 7, 8, and 9. The correc- -
tions to the dynamic pressure and to the Mach number were found to be
negligible below a Mach number of 0.85 and reached a maximum of 1.4 per-
cent at a Mach number of 0.93. The maximum correction to the downwash
angle at the rakes amounted to 0.2°. :

Base-pressure coefficients were obtained and are presented in fig-
ure 8. Comparison of these base pressures with the base pressures from
reference 1 for the fuselage-alone configurstion indicated that the
addition of the wing lowered the base-pressure coefficient by an amount
approaching 100 percent at the higher angles of attack.

No tare corrections have been applied except in the case of sting
tare; for this case, the corrections were applied tc the maximum
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lift-to-drag ratio and to drag at zero 1lift. *The results of the investi-

gation of a similar model at low angles of aﬁ%ack (reference 10) indicated y
that’ this tare need not be applied to 1ift of ' moment values but would be =~ = = 2
an increment of 0.003 to be added to the drag coefficient at all subsonic _ -
Mach numbers and 0.002 at a Mach number of 1.2. As the test setup in B
reference 10 involved a sting-support.system similar to the support . Lo
system in the present test, corresponding sting corrections in the two o
tests are assumed to be of the same order of magnitude. "It is also LD o
estimated that the sting may cause the downwash angles to be decreased . - .. __
by as much as 1° at subsonic Mach numbers and_ 0. 1° at a Masch number —=
of 1.2. 1In addition, the base-pressure coefficients may be increased o
by the presence of the gting by approximately 0.1 at all Mach numbers.

Inasmuch as these correctlons were estimated by using dats from refer- . -~ -—-- - -
ence 10, which only consider low angles of attack, no attempt has been ==
made to apply them to the data except in the aforementioned cases, _ .

Corrections in the angle of attack due to the sweep of the center- _ N
of-bending line and due to a pitching noment. Qn the wing were calculated
and found to be of negligible value. : S

- —-

RESULTS AND DISCUSSIdﬁ '

In this investigation, a wing-fuselage cdmbination was tested as _
the basic configuration., Fuselage-slone data were subtracted from the o
data of the wing-fuselage combination and the resulting data are the :
wing-with-wing-fuselage-interference data. Bgsic data for the fuselage
alone msy be found in reference 1. : - o

All of the following discussion pertains to transltion-natural . .
dats unless otherwise stated. '

A teble of figures presenting the results follows: : -

Figare =
Wing-fuselage force data against Mach number . . . . . - . . . . 9 -
Wing-fuselsge force data against 1ift coefficfent . . .. . . . 10 . _ }

Wing-with-wing-fuselage-interference force ddta _ _ .o
against 1ift coefficient . . . . . . . . + & 4 &« o ..

Lift-curve slope against Mach number . . . .0 . i . .7

Zero-1ift drag coefficient against Mach number . . . . v 13

Maximum lift-drag ratio against Mach nmumber . . . . . . . . . . 1k o -

Static-longitudinal-stebllity parameter against oo C e
Mach number . . . . e . =

Wake losses. (wing-fuselage) T [ _ T

Point downwash deta against angle of attack . + » « o = &+ & + . 17

Aversge rate of change of downwash angle with . A
angle of attack against Mach number . } B £

<)
ar

=RONE lm,glﬂ
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Force snd Moment Characteristics

The decrease in 1ift coefficient for the wing-fuselage configuration
occurred at a Mach number of approximately 0.90 for angles up to 50
(fig. 9(a)). Fixing transition caused a reduction in 1ift coefficient
at the high Mach numbers for angles of attack up to 10°.

At a Mach number of 0.60, the lift-curve slope for the wing-fuselage
configuration was 0.068 at zero 1ift (fig. 12). The slope then increased
to a maximum of 0,104 at a Mach number of 0.90. At & Mach number of 1.2,
the slope was 0.08. The lift-curve slope at a 1lift coefficient of 0.4
had the same trends. The magnitude, however, was approximstely 12 percent
higher at a Mach humber of 0.60 and reached its peak value of 0.107 at
a Mach number of 0.85. At a Mach number of 1.2, the lift-curve slope
at a 1ift coefficient of 0.4 was 11 percent lower than the lift-curve
slope at zero lift coefficlent. It is suspected thet the increase in
lift-curve slope with increasing 1lift coefficient at the lower speeds
was associated with a separation bubble similar to that described in
reference 11. This flow characteristic, however, decreases with
increasing Reynolds number and would probably disappear at a Reynolds
number of approximately 10 million. A decrease in lift-curve slope at
the high 1ift coefficients occurs when the separated region extends
over a large part of the chord.

Subtracting the fuselage data from the wing-fuselage dsta had _
l1ittle effect on the lift-curve slopes except at a lift coefficient
of 0.4 where the peak was reduced by 5 percent.

At low 1ift coefficients, an ebrupt drag rise occurred et a Mach
number of approximately 0.875 (fig. 9(b)). In general, fixing transition
resulted in an increase in drag coefficient, but in no instance did the
transition-fixed data show any marked drag changes over the natural-
transition data. :

At zero 1lift, the drag coefficient for the wing-fuselage combination
remained constant st approximately 0.009 up to a Mach number of 0.875,
where it increased sharply (fig. 13). At a Mach number of 1.2, this
drag coefficient was 0.038. The same trends for zero lift drag were
exhibited by the wing-with-wing-fuselage-interference data. However,
the absolute values of this coefficlent were approximately 72 percent
lower at subsonic speeds and spproximately 26 percent lower at a Mach '
number of 1.2 than the corresponding values for the wing-fuselage
configuration.

A meximum 1ift-to-drag ratio of approximately 14.5 for the wing-
fuselage combination was maintained up to a Mach number of 0.85 (fig. 1h).
Above this Mach number, a rapid decrease in lift-to-drag ratio was
caused by an sbrupt drag rise. At a Mach number of 1.2, this ratio
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wes 5.5, The lift-to-drag ratio for the wing-with-wing- fuselage-
interference data was approximstely 73 percent higher than that for the
wing-fuselage configuraetion up to a Mach number of 0.85, ebove which
the increase was much less pronounced. At g Mach number of 1.2, this
increase wis only 22 percent. :
The large favorable changes in drag at zero 1lift and in maximum
lift-to-drag ratios resulting from subtracting the fusélage data from
the wing-fuselage data are largely due to the fact that the drag of the
part of the wing covered by the fuselage does not appear in the resulting
configuration, although the coefficients are based on the total area of
the wing.

The wing-fuselege configuration exhibited an sbrupt decrease in
pitching-moment coefficient beginning at a Mach number of 0.86 for 2°
angle of attack and at lower Mach numbers for higher angles of attack.

Fixing transition reduced the abruptness and magnitude of this variation.

C
At zero 1lift, the longitudinal stability parsmeter %EE remained at a
L

constant value of 0.15 up to a Mach number oT'O 85, (fig_ 15). Above

0.85 the aerodynamic center began to move rearward the model becoming
neutrally stable at a Mach number of 0,905, At a Mach number of 1.2,

the moment-curve slope indicsted stability, being -0. 09. At a 1ift
coefficient of O.%, the aerodynamic center at subsonic ‘speeds was epproxi-
mately 5 percent rearward of the location for zero lift. This rearward
shift with increasing angle of attack may be associated with the leading-
edge separation previously mentioned. For & lift coefficient of 0.4k,
the aserodynamic center began a rapid rearward movement at a Mach number
of 0.80. This rearward movement resulted in the wing-fuselage configu-
ration becoming stable gbove a Mach number of 0. 85 where the value of

55— reached -0.08. At a Mach number of 1.2, the slope of the moment
L .

curve was essentially the same for a lift coefficient of 0.4 as it was
for zero 1lift. '

For both 11ift coefficients, subtracting the fueelaée-alone moment
moved the serodynaemic center rearward approximately T percent of the
mean serodynamic chord at most speeds.

Weke and Downwash Characteristics -

At Mach numbers of 0.6 and 0.8, the wake losses for 0° and 4°
were negligible in the region investigated but, at a Mach number of O. 93,
the wake for 4° had begun to appear; thus a shock induced separation
was indicated (fig. 16). At a Mach number of 1.2, the shock had moved
to the trailing edge, and wake losses were again amall for O° and 4°,
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The weke for 10° was assumed to extend at least 0.375> semispen above
the fuselage at all speeds tested. The wake losses at the inboard
station were larger than those of the outboard station because of losses
due to the fuselage.

A significant change in the angle of attack for zero downwash
occurred at a Mach number of 1.2 (fig. 17) for the wing-fuselage combi-
nation as campared with this configuration at a Mach number of 0.93. As
s consequence, significant changes in trim of an airplane flying to a
Mach number of 1.2 can be expected from this shift if the horizontal
tail is located within the region investigated. This shift in the angle
of attack for zero downwash is attributed to the fuselage inasmuch as
wing-with-wing-fuselage-interference data did not indicate a similar

change,

The average rate of change of downwash angle with angle of attack
is presented agsinst Mach number in figure 18. These velues were found
by averaging the slopes for the two semispan stations at a location
0.375 semispan sbove the wing-chord plane. This average %5 for the

QL '

wing-fuselage combination at a Mach number of 0.80 was approximately
0.5 and 0.6 for 1lift coefficients of O end 0.k, respectively. Wing-with-
wing-fuselage-interference dats below a Mach number of 0.80 exhibited

a zero 1lift g€ approximately 12 percent lower and a o for a 1lift

oot Ao
coefficient of O.4 spproximately 15 percent higher than corresponding
values for the wing-fuselage configuration. Varistion of %& with Mach

number was erratic above a Mach number of 0.80.
CONCLUSIONS

The results of an investigetion of a wing-fuselage combination
employing a wing with unswept quarter-chord line, aspect ratio k, taper
ratio 0.6, and an NACA 65A006 airfoil section at high subsonic Mach
numbers and at a Mach number of 1.2 indicated the following:

1. Increasing the free stream Mach number at low lift coefficlents
caused the wing-fuselage configuration to exhibit a decrease in 1ift-
curve ‘slope at a Mach number of 0.90, a rspid decrease in the maximum
1ift-to-drag ratio at -a Mach number of 0.85, and a rearward movement
of the serodynamic center at a Mach number of O. 87. .

2. An increase in lift-curve slope and rearward shift of aerodynamic
center with increasing angle of attack was indicated at low Mach numbers.

~~=CONFIDERTTAL =
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3. The weke 1.225 semigpans behind the B5-percent mean-serodynamic-
chord station extended to at least 0.37% semispan above the wing-chord
Plene at high angles of attack. ’

k., At a Mach number of 1.2, the angle of attack for zero downwash
was changed by the presence of the fuselage; thus significant changes

in trim going from a Mach number of 0.93 to & Mach number of 1.2 occurred, _

Langley Aeronsutical Laboratory : - L= -
National Advisory Committee for Aeronautics
Langley Field, Va.

eyl L
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WING DIMENSIONS

Alrfoll section (parallel to model
plane of symmetry - NACA 654006
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Figure 1.- Plan view of model giving over-all dimensions.
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1

ORDINATES
x/2 r/l X/l r/l
0 0
. 0050 .00231 L4500 LOL1L3
. 0075 .00298 5000 . 04167
.0125 .ooy28 .5500 03130
.0250 .00722 . 6000 . 0L02L
.0500 .01205 . 6500 .0382
.0750 .01613 .7000 . 03562
.1000 .01971 . 7500 .03128
.1500 . 02593 . 8000 . 02526
.2000 .03090 .8333 .02083
.2500 . 03465 .8500 .01852
. 3000 03741 .9000 .01125
-3500 .05933 -9500 . 00439
3000 .01063 1.0000 0
L.E. radius = 0.00052
Fineness ratio 10 EE%;

¢/l located at I{max.)

Figure 2.- Fuselage details. All dimensions are in inches.
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Figure 4.- General view of test setup showing model, rakes, and support
system.
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Base-pressure orifice

Model plane of
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Figure 5.~ Details of the rakes used for wake survey and downwash
measurement. All dimensions are in inches.
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Figure 6.- Photograph of model as tested in the Lengley 8-foot high-
) speed tunnel.
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Figure 8.- Base-pressure-coefficient varjation with Mach number.
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Figure 10.~ Varigtion of the serodynamic coefficients with 1ift
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configuration.
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Figure 12.- Lift-curve-slope varigtion with Mach mumber.
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Figure 13.- Drag coefficlent at zero 1ift coefPficient variation with

Mach number, corrected for sting interference.
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Figure 17.- Concluded.

U LIDENTT AL: S



NACA RM L51A02 37

O Wing-fuselage
O’— —— — Wing with wing-fuselage interference
.8
6 fﬁk
JEAViL
=1 7 VT T
de s d Y
4 T =
da / B
' L)
.2
CL= [¢)
O i
.8
\‘ ,///\\/A
=+ -7V
6 / .
. \\ / W

% 4 ' . g

da

CL'= 0.4

0 ‘ | I | 1 ]
5 6 V4 .8 R 1.0 LI L2

Mach number, M
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